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Postbuckling Strength of Stiffened Composite
Plates with Impact Damage

Cheol-Won Kong,* Chang-Sun Hong,” and Chun-Gon Kim*
Korea Advanced Institute of Science and Technology,
Taejon 305-701, Republic of Korea

The buckling and postbuckling strengths for unstiffened and stiffened composite plates with various impact
damages were studied numerically and experimentally. To predict the residual strength, a progressive failure
model with the degradation of elastic moduli in the damaged regions was adopted in a nonlinear finite element
method. The progressive failure analysis used the maximum stress criterion and the complete unloading model.
The degradation ratio in each sublaminate was determined by delamination distributions through the thickness of
laminates. The ply-by-ply delamination was detected by an improved ultrasonic technique. The predicted buckling
and postbuckling strength showed good agreement with experimental results. The correlation between the impact
damage and the postbuckling strength is discussed. The delamination growth was also observed for I-stiffened

composite plates under the cyclic compressive load.

Introduction

HE damage tolerance of composite aircraft structures is ad-

dressed by requiring ultimate strength capability in the pres-
ence of barely visible impact damage (BVID).! Impact damage
is one of the major factors degrading the compressive strength of
composite structures. The compression after impact (CAI) strength
of composite plates has been studied by experimentation and
analysis>~> However, a limited number of papers have reported
on the prediction of CAI strength based on nondestructive evalua-
tion (NDE) data and the effect of impact damage on the stiffened
composite plates. Pavier and Clarke® predicted the postimpactcom-
pressivestrengthby using the finite elementmethod. Impactdamage
was modeled based on the deply technique. The experimentshowed
that the predictions of the delamination growth did not always al-
low the prediction of the final failure. Xiong et al.” modeled the
impact damage by an elliptical soft inclusion. A sublaminate buck-
ling analysis determined the degradation ratio of the elastic moduli
in the inclusion. To predict the compressive strength of composite
plates damaged by impact, De Moura et al.® used interface elements
compatible with three-dimensionalsolid elements for delamination
modeling in the finite element analysis. A progressive failure was
analyzed on the basis of the triaxial stress state. Experiments were
performed on carbon/epoxy laminates with one delamination. To
predict the residual strength of thick composite plates, Gottesman
et al.” used an analytical model based on the information obtained
from NDE. Scarponi et al.' evaluated the impact damage by using
double side inspections and two mode inspectionsin C-SCAN.

It was difficult to predict the impact characteristics or the CAI
strength of stiffened plates from the data of unstiffened plates.
Madan and Shuart!'! showed that the skin bay impact produced great
strength reductions and that no damage growth occurred before ul-
timate failure. Greenhalgh et al.'>!* recommended that the impact
damages of unstiffenedplates did not representstiffened plates. The
effects of impact locations on the compressive strength of stiffened
composite plates were studied by experiments.Ishikawaet al.'4 con-
ducted the CAI experiments on stiffened panels that were made of
carbon/epoxy and carbon/peek. Initial buckling stress was predicted
by the finite element analysis. Found et al.!> performed impact tests
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on the carbon fiber reinforced plastics (CFRP) stiffened panels and
the unstiffened panels. Starnes et al.'® found that low-velocity im-
pact damage reduced the postbuckling strength of a stiffened plate.

In the present study, the degradation model of the elastic moduli
in the impact-damagedregion was adopted in a nonlinear finite ele-
ment analysis. The degradationratio was determined by delamina-
tion distributions through the thickness. Delamination distributions
through the thickness were detected by an improved ultrasonic in-
spection. Nonlinear finite element formulation was based on the up-
dated Lagrangiandescriptionand the modified arc-lengthmethod. A
progressive failure analysis was introduced into the nonlinear finite
element analysis. This model was applied to unstiffened and stiff-
ened plates with variouslevels of impactenergies. The bucklingand
postbuckling residual strengths of blade-stiffened composite plates
are discussed. The delamination shapes and growths of I-stiffened
composite plates under cyclic compression were also observed ac-
cording to impact locations.

Finite Element Analysis

The delamination growth or the typical failure analysis with post-
buckling analysis can predict the postbuckling compresive strength
with impact damage. Recently, some researchers'’~2! analyzedsin-
gle or multiple delaminations. Although delamination growth is one
of the main factors controlling the final failure, the prediction of the
delamination growth does not always determine the final failure of
the impact-damagedlaminates. Many experimentsshowed that only
limited delamination growth occurred before the final failure. In this
case, the impact-damagedregion could be simply modeled by stiff-
nessreduction,butit was difficult to determinethe degree of stiffness
reductionin the damagedregion. Therefore, the impact-damagedre-
gion was assumed as a cutout, or the degree of the stiffnessreduction
was determined by using compression test data.

In the present analysis, the ratio of the stiffnessreduction was de-
termined by using delamination distributions through the thickness
as shown in Fig. 1. Each delamination size through the thickness
was obtained from C-SCAN. To determine the modulus retention
ratio in each sublaminate, nearby delamination sizes were used. It
was assumed that the delaminated plies, which may contain matrix
cracking, did not carry the compressive load. The modulus degra-
dation region was regarded as the two-dimensional projected de-
lamination area obtained from C-SCAN. Therefore, the modulus
retention ratio in each sublaminate is expressed as

R =1—-(A +A;_)/Q2A)

A=A, A, =A i=1,2....,n (1)

where A, is the two-dimensional projected delamination area, A;
is the area of the ith delamination, and R; is the modulus retention

n—1»
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Fig.1 Stiffness reduction model in finite element analysis.
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Fig.2 Comparison of present analysis with local/global buckling analysis.

ratio of the ith sublaminates. The axial, transverse,and shear moduli
of the ith sublaminate in the degradationregion were multiplied by
the same retention ratio:

E' =R.E!, El" = RE}, G, =RG!, ()

The nonlinear finite element equation?? is expressed as

([K. ]+ [KyD{AU,} = —{AP) 3)

(K.] = /// [8;] (D"1[B;]aV @)
[KNL]—/// 1'te"1[By, ]av (5)
-

From the precedingequations,n,[K; ],[Ky.], {AU},[ D], {A P},
and {F, } are the iteration step in any load step, the linear stiffness
element matrix, the nonlinear stiffness element matrix, the displace-
ment vector, the stress—strain relation matrix, the unbalanced force,
and the external force-distribution vector, respectively. Also, [B; ],
[By.], {c}, and & can be found in Ref. 23. To estimate the failure
load, the maximum stress criterionis applied to the average stresses
in the principal material directions of each layer of each element.
The failure of each element in the model is estimated for the con-
verged stresses during each load step:

o' > Xr or

where

{cr”}dV —{F,} (6)

o" < Xc
o) > Yr or o) <Y

T > S or T < =S 7

From Egs. (7), X, Y, and S are the strength in the fiber direction,
the strength in the transverse direction, and the shear strength, re-
spectively. T', C, and m are the tension, the compression, and the
mean value, respectively. The stress and the stiffness component
corresponding to the particular failure mode were reduced to zero.
The maximum stress criterion and the complete unloading model
were applied to all areas of the structuresincluding the delaminated
region. Generally, the buckling does not indicate final failure, and
the postbuckling is indicative of the ability of a structure to carry
loads well in excess of the buckling load. The upper limit of the
postbucklingrange is the compressive strength. Therefore, the final
failure was determined at the point where the load decrease began
in the postbucklingregion due to failure.

In the present analysis, the effects of local impact damages on
the global buckling were considered in the finite element model by
introducing the stiffness reduction region instead of a local buck-
ling analysis. We analyzed the postbucklingand the failure by using
the stiffness reduction model. The postbuckling failure modes were
matrix, shear, and fiber failure. A traditional local/global buckling
analysis was very complex and inefficient for the postbuckling fail-
ure analysis of an unstiffened plate or stiffened plates with impact
damage. Therefore, one of the main objectives is to analyze the
global buckling and the postbuckling failure using the stiffness re-
duction model instead of a local buckling analysis.

Figure 2 shows the comparison of the present global buckling
analysis using the stiffness reduction model with the traditional lo-
cal/global buckling analysis?* Two delaminations with different
diameters exist in composite laminates, and the boundariesare four
fixed sides. The analysis prevented the overlapping between the
delaminated plies. Curve 1 is the local buckling behavior of de-
laminated plies, and curve 2 is the global buckling behavior of the
sound plate. Sound laminate indicates the global buckling behavior
of the sound plate. Though there is a little difference for the global
buckling behavior between the present analysis and the local/global
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buckling analysis, the present analysis showed the global buckling ANDSCAN
behavior of the damaged laminate well. The reason for the differ-
ence is that the local/global buckling analysis assumed the impact
damages to be only delaminations in which the delaminated plies PC UsD 10
carried a compressive load. However, the present analysis assumed TOF

that the impact damaged plies did not carry the compressive load.

Experiments

A drop-weight impact testing machine?> was used for the low-
speed impact test as shown in Fig. 3. The machine consists of two
vertical steel rods mounted on a heavy steel base. A piezoelec-
tric force transducer (208C05 PCB; PCB Piezoelectric, Inc.) with
a hemispherical steep cap was mounted on the bottom side of the
impactor assembly. The total mass of the whole drop weight was
1.0 kg. The impactor had a hemispherical nose of 12.7 mm in di-
ameter. The boundary conditions of the unstiffened plate were fixed
along the four edges.

After impact tests, each specimen was inspected by using
C-SCAN (USD-10; Krautkramer Co.). Figure 4 shows the experi-
mental setup for C-SCAN. This tester has a probe for both the emis-
sion and the reception of the ultrasonic wave. This tester has two
detectingmodes, the amplitude and the depth modes. The amplitude
mode detects the damage in the specimen by measuring the ultra-
sonic echo amplitude. To not measure the echo amplitude reflecting
from the bottom surface, the operator must exclude the bottom peak
level from the gate. However, the depth mode measures the echo de-
lay. Thus, the damage is represented in terms of the relative depth.
Figure 5 shows several echo peaks due to medium discontinuity at
interlaminar surfaces. In this study, a gating technique was utilized
to detect the delamination distributions through the thickness. For
example, if a specimen has two delaminations as shown in Fig. 5a,
USD-10 shows two high peaks. In the conventionalamplitude mode
method, the USD-10 measuresonly the highestpeak levelin the fifth
interface. In the present method, both the second and the fifth peak
levels could be detected by controlling the gate size as shown in
Fig. 5b.

To demonstrate this method, the deply technique and the gat-
ing technique is shown in Fig. 6a. The stacking sequence was
[0,/45,/ —45,/90,], and impact energy levels were 5 and 3 J, re-
spectively. In case of 5 J, the delamination shapes obtained by the
deply technique?® were identicalto the delaminationshapes detected
by the gating technique. The delamination shape of the lowest in-
terface captured by the gating technique was not identical to the
original form obtained by the deply technique. Because the inter-
ference of the high echo amplitude, which was reflected from the

I [J|=| v sox

S——— AMP

Fig.4 Experimental setup for C-SCAN.

bottom surface, hindered the maximum use of the high echo am-
plitude gain, we could not eliminate the shadow effect. However, if
the inspection was made from the opposite side, or the peak of the
bottom was separated far from that of the last interface, the original
shape could be precisely detected.

Compression Test

After the ultrasonic detection of the impact damage, the speci-
mens were tested under compression. In the case of the stiffened
composite plates, the loaded ends were potted in the casting resin,
and they were machined flat and normal to the loading directionuni-
formly. The loading rate was 0.5 mm/min. The panels were painted
white and the out-of-plane deflections were also monitored by the
shadow moiré technique.

Results and Discussion
Unstiffened Composite Plates
The graphite/epoxy was CU-125NS and was made by the Korea
Carbon Company. The ply thickness was 0.125 mm. The
material properties were E; =130.0 GPa, E, =E; =10.0 GPa,
GIZ =Gl3 =4.85 GPa, Gz3 =3.62 GPa, Vipg =Vi3 =031, Vo3 =
0.52, X; =1933 MPa, X, =1051 MPa, Yr =51 MPa, Y. =
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141 MPa, and S =61 MPa, where X is the strength in the fiber
direction, Y is the strength in transverse direction, and subscripts
T and C represent tension and compression, respectively. The
[04/454/904/454/04]7 laminates were used to demonstrate the pre-
diction method of the residual strength. For the impact test of the
plates, the composite plates were clamped along the four edges by
supporting the fixture.

Typical delamination distributions through the thickness are
shown in Fig. 7. In the case of 9 J, the delamination shape in the
bottom was irregular because the backface crack occurred. The de-
lamination sizes with various impact energy levels are summarized
in Table 1 and Fig. 8. The selected energy levels were 1, 2, 3, 4.5,
6, and 9 J. The difference between the summation of ply-by-ply de-
lamination areas and the two-dimensional projected delamination
area became larger as the impact energy level increased. Therefore,
the two-dimensional projected delamination area could not repre-
sent the real impact damage when the impact energy was large. The

Impact
l 3J 9J
0
4 ; 1 r 1
45, .
) 1 2 : 2
90,
s /.
’
45,

4 s 4 ,‘4
0, 4

Fig.7 Delamination shapes of typical plates.
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Table1 Delamination area of the composite plates ([04/454/904/454/0417)

Delamination area through the thickness direction, mm

2

Impact Three-dimensional ~Two-dimensional
energy,J  04//457  454//904  904//454 4541104 summation projection

1 0 21 36 53 110 73

2 35 96 93 165 389 342

3 38 124 116 239 517 439

4.5 65 127 186 530 908 764

6 67 192 372 1884 2516 2038

9 124 287 571 2794 3776 2985

4The double slash (//) means the interface where delamination was inspected by C-SCAN.
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modulus retention ratio of the impact-damaged region was deter-
mined by Eq. (1). The stiffness reduction region in the analysis was
modeled as a circular hole as shown in Fig. 9. The boundaries are
clamped at the loaded edges and simply supported along the un-
loaded sides. We analyzed the buckling and the postbuckling failure
using this stiffness reduction model.

The results of the compressivestrengthstudy are shownin Fig. 10,
where oy is the experimental strength of the undamaged plate and
o, is the residual strength of the damaged plate. The postbuckling
compressive strength of the undamaged panel was 39.4 kN in the
experimentand 49.2 kN in the analysis. The presentanalysisrelative
to the tendency of the postbuckling compressive strength showed
good agreement with the experimental results. The decrease of the
residual strength was proportional to the summation of ply-by-ply
delaminationafter 4.5 J. When the damaged region was assumed as
a cutout in the case of 6 J, the residual strength was 36% lower than
that of the present model.

To observe the delamination growth in the present specimen, we
inspectedthe specimenby C-SCAN near final failure. The load level
was 90% of the compressive strength of the specimen. As shown
in Fig. 11, dominant delamination growth was not found in each
interface. Therefore, the cause of the compressive strength reduc-
tion was not the delamination growth, but the stiffness reductionin
the damaged region. Figure 12a shows the specimen after the final
failure. Final failure modes had several failure modes such as the
fiber failure, the surface cracking, and the delamination failure. Fi-
nal failure modes occurred just before the collapse of the specimen.
Figure 12b shows the result of the progressivefailure analysisin the
case of 6 J. The first failure occurred in the stiffness reduction area,

region A, at 72% of the compressivestrength. The failure in undam-
aged area, region B, occurred at 91% of the compressive strength.
Though the delamination fail was not predicted in the progressive
failure analysis, the failure mechanism was similar to that in the
experiment.

Stiffened Composite Plates

The shape and the dimension of the blade-stiffened plate are
showninFig. 13. The impactlocationwas overthe edge of the flange.
The buckling load was detected by back-to-backstrain gaugesin the
skin. The stiffener and the skin were bonded with FM73 adhesive
film. After curing, the stiffened panels were inspected by C-SCAN,
and no significant defects were detected. The stiffener and the skin
have the same layup sequence of [0,/45,/ —45,/90;];.

Two stiffened plates were tested per one impact energy level. The
impact energy levels were 0, 5, and 9 J. The delamination distri-
butions of the blade-stiffened plate with 5-J damage are shown in
Fig. 14. The delamination shapes in the upper skin were similar
to those of the unstiffened plate. However, the shapes were a little
different in the bottom skin due to the stiffener. The delamination
shapes of the flange part were inspected from the backside. The gate
interval was enlarged because the delamination distributionsin the
flange had no clear shape. The two-dimensional projected delami-
nation shape was a rectangle, and the major axis was parallel to the
stiffener.

The comparison of the impact damages between the stiffened
plate and the unstiffened plate, which have the same boundary con-
ditions and stacking sequences, is shown in Fig. 15. The delamina-
tion area of the unstiffened plate was smaller than the area of the
stiffened plate. The unstiffened plate had fiber failure and cracks in
the backside. However, the stiffenerof the stiffened plate suppressed
both the fiber failure and the backface crack, and impact energy was
mainly absorbed by delaminations.

The delamination sizes, according to the various impact energy
levels, are summarizedin Table 2 and Fig. 16. The two-dimensional
projected area of 9 J was twice as large as that of 5 J, and the three-
dimensional summation area of 9 J was also twice as large as that
of 5 J. Therefore, the increaserate of the two-dimensional projected
area was proportional to that of the three-dimensional summation
area. The modulus retention ratios of the impact-damaged region
were determined by Eq. (1). The damaged region in the analysis
was assumed to be a rectangle.

The buckling and postbuckling residual strengths are shown in
Figs. 17 and 18. The averaged buckling load of an undamaged panel
was 27.5 kN in the experiment and 24.6 kN in the analysis. The av-
eraged postbuckling compressive strength of the undamaged panel
was 48.5 kN in the experimentand 60.6 kN in the analysis. The re-
ductions of bucklingload were 10% (analysis) and 9% (experiment)
in the case of 5 J. Also, the reductions of buckling load were 18%
(analysis) and 24 % (experiment) in the case of 9 J. The reductionsof
the postbuckling compressive strength were dominant for 9 J, both
for the analysis and for the experiment. The present analyses rela-
tive to the tendency of the buckling and postbuckling compressive
strength showed good agreement with the experimental results.

In the case of a [0,/45,/—45,/90,], unstiffened plate damaged
by a 5-J impact, the reduction ratio of the compressive strength
was 65% in the earlier experiment,® but that of the blade-stiffened
plate was almost equal to the undamaged case. Therefore, the stiff-
ener increased the damage tolerance of the composite plate. The
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postbucklingmode in the 5- and 9-J cases are shown in Fig. 19. The
moiré fringe showed the local buckling due to the large delamina-
tion of the skin in case of 9 J, but no local buckling was observed
in case of 5 J up to the final failure. Therefore, the stiffness reduc-
tion of 9 J was larger than that of 5 J. In Fig. 19, the load level of
9 J-A was 66% of the final failure and that of 9 J-B was 99%. No
dominant delamination growth was observed in either case. There-
fore, the reduction of the compressive strength was mainly due to
the reduction of the stiffness in the damaged region similar to the
unstiffened plates.

Damage Growth Under Cyclic Compression

The shape and dimensions of I-stiffened plates are shown in
Fig. 20. The stiffened panels consist of two stiffeners that have
the layup sequences of [0/90/45/0/ —45]s (Ref. 27). The stiffened
panels were 160 mm wide X 250 mm long, and the stiffeners were
100 mm apart. The impact point was the skin bay or the skin over
the stiffener. Two stiffened plates were tested for each impact lo-
cation, and the impact energy was 1.5 J. The static compression
test results for first-fiber (FFF), first-matrix (FMF), and first-shear
failures (FSF) are shown in the progressive analysis in Fig. 21.

To observe damage growth accordingto the impact locations, we
have performedthe fatigue tests of impact-damagedstiffened plates.
The cycliccompressiveload was appliedbetween 15 and 30% of the
staticstrengthas showninFig. 21. The bucklingoccurredrepeatedly
in this range. The cyclic frequency was 4.3 Hz and 120,000 cycles
were applied. Table 3 shows delamination areas, and Fig. 22 shows

Skin [0,/45,/-45,/90,],
Stiffener [0,/45,/-45,/90,],

y

Delamination
Area = 1215 mm?2

Plate [0,/45,/-45,/90,],

.

Fiber failure

Delamination
Area = 483 mm?

Fig.15 Comparison of stiffened plate with unstiffened plate about im-
pact damage.

Skin
A

delamination shapes. The overall delamination shape was circular
in the case of impact on the skin bay. The major axis of the delami-
nation shape in the case of the impact over the stiffener was parallel
to the stiffener. The dominant delamination growth, which crossed
the web line, was observed in the case of impact over the stiffener.
The time-strain curve of this case is shown in Fig. 23. Strain gauges
were bonded at the impact point. The strain suddenly increased at
the lapse of 20,000 cycles, and the increased strain did not change
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Table2 Delamination area of the blade stiffened plates®

Delamination area of the skin part, mm?

Delamination area of the flange part, mm?

Impact Two-dimensional Two-dimensional
energy, J 452//—45‘; —45,//190, 90,// =45, —45,//45, 45,//0, projection 0,//145,11—45,1/190, 90,//—45,1/45,1/0, projection
5 76 146 186 269 511 83 78 100

9 64 180 186 710 1100 260 300 327

aSkin: [0/45,/ —455/905];, stiffener: [05/455/ —45,/90,];. PThe double slash (/) means the interface where delamination was inspected by C-SCAN.

Table3 Delamination area of the I-stiffened plates®

Two-dimensional delamination area, mm?

Impact

location Before fatigue After fatigue Difference
Midbay 58 (58)° 71 13
Stiffener 186 (174) 313 127

aSkin: [0/90/ £45];, stiffener: [0/90/45/0/ —45];.
b() Contain the other specimens results, to compare impact damages.

Moire Fringe of the Ski

Local Buckling Mode

5J 9J-A 9J-B
Fig. 19 Buckling mode of stiffened plates obtained by moiré fringe.
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Fig. 20 Impact locations of I-stiffened composite plates.
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Fig. 21 Cyclic load range of I-stiffened composite plates.
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Fig.22 Delamination growth according to impact locations.
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Fig.23 Time-strain curve during cyclic compression.

until 120,000 cycles. These results showed that the delamination
growth started at about 20,000 cycles.

Conclusions

The effects of impact damage on buckling and postbuckling
strength were studied numerically and experimentally. In the nu-
merical analysis, a progressive failure model with degradation of
elastic moduli in the damaged region was adopted in the global
postbuckling analysis instead of a local/global buckling analysis.
The modulus retention ratios were determined by delaminationdis-
tributions obtained from the improved ultrasonic inspection that
has two-ply resolutions. The difference between the summation of
ply-by-ply delamination and the two-dimensional projected area
increased as impact energy became greater. The increase rate of
the two-dimensional area was proportional to that of the three-
dimensional summation area. In the CAl tests, the limited delamina-
tion growth, which did not lead to the final failure, was observed by
C-SCAN and the moiré technique. The present analysisrelating the
tendency of the bucklingand postbucklingstrength with incremental
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impact energy showed good agreement with experimental results.
The summation of ply-by-ply delamination was closely related to
the residual strength of composite structures. The impact damage of
the stiffened composite plates was mainly delaminationbecause the
stiffener suppressed the fiber failure and the backface cracks. The
stiffenerincreased the damage tolerance of the unstiffened compos-
ite plates. Delamination growth of the I-stiffened composite plates
under the cyclic compressive load was also observed according to
the impact locations. The dominant damage growth was observed
in the case of an impact over the stiffener.
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